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RESEARCH MEMORANDUM

THE SUBSONIC LATERAT. AND LONGITUDINAL STATIC STABILITY
CHARACTERTISTICS UP TO LARGE ANGLES OF SIDESLIP
FOR A TRIANGULAR-WING ATRPLANE MODEL

FAVING A VENWSIFICATION CHANGED

i CeTAR/. Dated =541/
B'y au'thontY o ‘q H ./ “ ,
Wind-tunnel tests were conducted to determine the egects of a ‘,[_ 71
ventral fin on the static characteristics of a triangular-wing alrplane :
model. Data were obta:l_ned. for a.ngles of sideslip up to 18° at angles
of attack of 0°, 6°, 12°, and 18° at Mach mumbers from 0.25 to 0.9k.

The results of the tests indlicated that the ventral fin did not
produce as much yawing moment per unit of exposed ares at any angle of
8ldeslip as the vertical tail. There were no lmportant effects of side-
8lip or of the ventral fins on the longitudinal characteristics.

INTRODUCTION

One of the problems facing designers of high-performaence alrplanes
is the prevention of abruptly divergent motions of the alrplane in a
rolling maneuver. The problem has been analyzed in reference 1 where 1t
was shown that roll-induced instabllity might occur if the rolling fre-
guency exceeds the lower of the pitching and yawing natural frequencies of
the nonrolling sirplane. One of the airplanes in which this coupled motion
has been experienced is a triangular-wing alrplane similar to the model
described in reference 2. The flight experience with this airplane has
been reported in reference 3. This airplane hes most of the mass distrib-
uted lengthwise within its fuselage and has low directional stability,
both of which cause low values of yawing natural frequency and thus
regtrict the rate of roll which may be used safely in & maneuver.

The triangular-wing alrplsne model of reference 2 was therefore
selected for studies of a ventral fin, which was intended as a device
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to improve the stabllity characterilstics of the alrplane in a rolling
maneuver., It was antlcipated that the fin would have an increasing con-
tribution to the dlrectional stability with increasing angle of sideslip
but would have little effect on the aserodynamic characteristics at small
angles of sldeslip. The resulting increase in the yawing natural fre-
quency of the nonrolling eirplsne as the sldeslip angle 18 increased
would be expected to increase the roll rate at which large dlvergencies
in sideslip would be experienced. The effect of the ventral fin on the
coupled motion was studied by computing the response to steady rolling
of the alrplane free to pitch and yaw,

- Other objectives of the tests were to extend the data on the lateral
end longitudinel chardcteristice of the model of reference 2 to large
angles of sideslip, and to find the effect of sideslip on the directlional
stability and damping in yew measured during an osclllatory motion. The
tests were conducted in the Ames 12-foot presaure wind tunnel at Mach
numbers up to 0.94% and Reynolds numbers up to 4.9 million.

NOTATION

The forces and moments on the model are referred to the stabllity

system of axes shown in figure 1. The coefficlents are defined as follows: .
Cp' drag coefficient, —SX28
L v2s
=P
2
Cy, 11t coefficlent, — iit- S
1 ve
E Ves

Cm pltching-moment coefficient, ?fFChlﬁﬁ_?Pménﬁ_ B
% pV2sE
t
Cn yawing-moment coefficient, yewlng momen
1 42
= pV=5Sb
2
Cy side-force coefficlent, 2138 force -
1l o2
3 pVes
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rolliing moment

1 w2
2pVS’b

C1 rolling-moment coefficient,

Acn,fin Yawing-moment coefficient due to fin, cn,fin o Cn,fin off

oCp a1
Cmq W’ per radian
S .
Cmm _a_.‘—cfn-: per deg
Cm
cmvi B(&.‘/EV) , per radien
x er radian
Cnp a(rb/EV), per T
3Cn ‘
Cn‘3 S8’ per deg i
Cn

,» Per radian

e )

The additional symbols used are defined as follows:

b wing span

c wing chord

¢ mean serodynamic chord

M free-stream Mach number

q pitching angular velocity
r yawiné angular velocity

Reynolds number, based on wing mean aerodynemic chord

S wing area
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v free-stream veloclty -

a angle of attack, deg )
Q@ time rate of change of angle of attack *

B angle of sideslip, deg . =
g time rate of change of angle of sideslip

p air density
MODEL AND APPARATUS

Detalls of the model geometry are glven In the three-view drawing
of figure 2 and in table I. The model 1s more fully described in refer-
ence 2. In the present investigatlion provision was made to mount ventral
fins elther in the plesne of symmetry or in planes 40P from the plane of
symmetry. Fins of several slzes and shapes were tested, with the emphasis .
of this report placed on the fin shown in Tigure 2.

For static-force tests, the model was mounted on a four-component -
strain-gage balance enclosed by the model body. The balance was supported
by & h-inch-dlameter sting, which could be deflected in a verticel plene,
permitting variatlions in angle of attack (wings borizontal) or in angle
of sideslip (wings vertical). Stings bent at various angles in the hori-
zontal plane were used to attaln various combinatlons of the angles of
attack and sideslip. The angle in the vertical plane was Indicated by a
pendulim~type lnstrument mounted in the model body. A photograph of the
model mounted In the wind tunnel is shown In figure 3.

For oscilistion tests, the model was mounted on a single-degree~of-
freedom oscilllatory apparatus descrlbed in reference 2, This consists
of a mechanism which produces an osclllation of the model and is instru-
mented to measure the damping and restoring moments on the model.

TESTS

The major portlon of the investigation conslsted of yawing-moment,
rolling-moment, snd side-force measurements with the model at an angle
of attack of 0°, €9, 12°, or 18°, However, at the highest test Mach
mmber (0.9%) the asngle of attack was limited to 6° by choking of the
wind tunnel. The angle of sideslip was varied fram -8° to 18°. The -
Reynolds number for this series of tests was 2.7 mlllion at a Mach number
of 0.25, and 1.5 million at Mech numbers of 0.80, 0.90, and 0.94. The

————
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model was tesbted with variocus combinations of the wing, the ventral fin,
the wing fences, and the body-tail assembly. A limlted number of static-
Porce measurements were made at a higher Reynolds number (4.9 million)

at a Mach number of 0.46. For these tests the variables were size, shape,
and position of the ventral fin, Tests were also conducted to determine
the longitudinal characteristics of the model at sideslip angles up to 18°.

In another series of tests, the model was oscillated in yaw at fre-
quencies of from 6 to 7 cycles per second, and measurements were mede of
the static directional stability and the desmping in yaw. These tests
were made at O° angle of sttack with a varlation in sideslip angle. The
gideslip angle was limited at the higher Mach numbers by static deflection
of the flexure pivots upon which the model was mounted. Testing was
terminated when it was impossible to mainteln en oscillation amplitude
of spproximstely 1.5°. The Reynolds numbers and Mech numbers duplicated
those of the major series of static-force tests. The configuration
changes were limited to the addition of the ventral fin to the wing-body-
tall assembly.

CORRECTIONS TC DATA

For the longitudinal data, corrections were made to the angle of
attack and to the drag coefficient to compensate for the induced effects
of the tunnel walls. The values, computed by the method of reference U,
were:

A,

0.25 Cp,, deg

ACp?

0.00L43 c12

No effort was made to modify the correction for the off-center position
of the model in the ftunnel.

The stated angle of attack for the lateral data, which were obtained
with sideslip as a varisble, is equal to the sting bend angle. A cali-
bration of the sting and 1ts support indicated deflections of the order
of 0.3° for the meximum load imposed during the wind-tunnel tests. Hence,
the stated angle of attack for the lateral data may be In error by as
much as O 5 when the sting deflection and tunnel-wall corrections are
taken into account.

The data were corrected by the method of reference 5 to take sccount
of the effects of constriction due to the tunnel walls. This correction
amounted to less than 2 percent of the dynsmic pressure &t the highest
test Mach number of 0.94,

OpE
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The drag data were adjusted to corresgpond to those of a model with
8 base pressure egqual to free-sgtream static pressure, . _ -

DISCUSSION v

Experimentel Results

The results of preliminary tests conducted for purpcses of selecting
a ventral fin for further study are presented in figure 4. These results
revealed that all of the fins produced the desired shape of the curve of
yawing moment due to the fin versus sideslip, but that the departure from
linearity and the resultant change in yawing-moment coefficient in each
cagse waeg small. The lsrgest of the four fins was selected for further
study. This fin provided more yawing moment per unit of exposed area
than any of the others. Test results (not presented) showed that two
fins placed 40° from the plane of symmetry were less effective than a
single £in having the same plan form placed in the plene of symmetry.

The results of yawlng-moment measurements with the fin on and with .
the fin removed are presented in figure S. Similar results obtained
with the wing removed are présgented in figure 6. It may be noted that
these data indicete the model to be scmewhat asymmetrical, This asymmetry -
was found to be the result of a slight bend, or perhaps warpage, of the
vertical tall. This asymmetry did not exist during the tests reported
in reference 2. The nét yawing moment due to the ventral fin for Mach
mmbers up to 0.94 1s summarized in filgure 7. These data indicate
the effect of the fin to be approximately the same for all angles of
attack and Mach numbers when the wing was on. Comparison of these data
(R=27><106atM=025ana15x105atM-OSOtoogh)withthoseof
figure 4 (R = 4.9x10%) indicates the effect of Reynolds number between
1.5 and 4.9 million to be small. Removing the wing generally increased
the effectiveness of the fins at all but the highest angle of attack.

The data with the tall removed presented ln reference 2 were used
a8 a base from which to compare the increment In  yawing moment due to
the vertical tail and that due to the ventral fin. The comparison was
made for 10° of ‘sideslip at 6° angle of attack at a Mach number of 0.80,
It was found that with the wing on, the fin was roughly 40 percent as
effective per unit of exposed sres as the vertical tail in producing
yewing moment. When the wlng was removed, the ventral fin, per unit of
area, was 90 percent as effective as the vertical taill. At higher angles
of sideslip, this camparison 1s more favorable to the ventral fin since
its effectiveness increases wilth increasing sideslip, whereas that of
the vertical tall decréases. For example, at 16° of sideslip, the fin
wag gbout 50 percent as effectlve per unit area as the vertical tall
when the wing was on and ebout 150 percent when the wing was removed.
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It was assumed for purposes of making the comparison that the varilations
of yewing-moment coefficient with sideslip for the body-wing combination
and for the body alone were ldentlcsl end linear. Dats presented in
reference 2 for &° angle of attack indicate these assumptions to be
reasonable.

The ventral fin compares more favorably with the vertical tail when
the wing is removed for two reasons. The first of these is the favorsble
Interference effect of the wilng which improves the effectiveness of the
vertical tail by reducing the sidewash at the vertical tail. The second
is that a large part of the yawing moment due to the fin depends on its
spolling effect on the flow on the lee side of the fuselage. When a
surface, such as a wing or horizontal tail, is placed above the ventral
fin, the area over which this effect will exist will be limited., It
would appear, therefore, that a ventral fin would be most advantageous
on airplane confiligurations which have no horizontal surfaces mounted on
the fuselage near the fin,

The measured directional stabillty due to the fins i1s seen in fig-
ure 8 to have approximstely the seme value from oscillatory tests as
from static tests. (The value of Cp, for the static test results was

teaken as the average over a renge of sideslip angles extending 1.50 on
either side of the specified sideslip angle. This is approximately the
amplitude of the yawing osciliation employed during the oscillation
tests.) Measurements of the damping in yaw indicate no significant
effect of the ventral fin on this parameter (see fig. 9). Tt should be
noted that the model had & large smount of directional instablllity with
its tail removed (see ref. 2), so that the £in contribution was only &
minute proportion of the tall contribution to the dlrectlional stebility.
Thus, the contribubtion of the f£in to the damping in yaw would also be
expected to be extremely small.

The dihedral effect was increased slightly (i.e., the rate of change
of €, with B was made more negative) by the fin &t small angles of
attack as 1s illustrated in figure 10. This change 1s In the opposite
sense to that which would be expected from a fin mounted on ‘the lower
side of the fuselege. Apparently, the action of the fin in spoiling the
flow over the lee side of the fuselage also reduced the pressures over
the lower surface of the lnner part of the lee wing panel. At higher
angles of attack, the rolling moment caused by thils effect was equal to
or smaller than the rolling moment contributed by direct forces on the
fin.

The effect of the ventral fin on the side-force coefficient is shown
in Pigure 11. As would be anticipated from the yewing-moment results,
addition of the fins caused very little change in side force.

The longltudinal characteristics 85 presented in figure 12, were little
affected by the vembtral fin or by 18° of sideslip.
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During the course of the investigation, it was noted that large non-
linear varlations of rolling moment with gideslip occurred at an angle
of attack of 12° at Mach numbers of 0.80 and 0.90. (See figs. 10(b)
and 10(c).) A reduction of dilrectional stability also occurred under
these conditions. (See figs. 5(b) and 5(c).) These nonlinesrities were
not detected during the tests reported In reference 2 slnce data were
obtained for sideslip angles of only 0% and 6° at 12° angle of attack.
The limited data of reference 2, however, do show that wing fences
increase the dihedral effect and improve the directionsal stsbility at
this angle of attack. Further tests were made, therefore, to find the
effect of wing fences on the lateral characteristics at 12° angle of
attack. The results indicate that addlition of the fences eliminated the
large nonlinear variation of rolling moment with sideslip and increased .
the yawing moment due to sldeslip at all sideslip angles up to 18°.

Calculations of Airplane Response to Steady Rolling

As noted previously, the ventral fin is not so effective per unit
of exposed area in producing yawling moment sas the vertlcal tail., It .
would seem, then, that the use of a ventral fin to alleviate inertial
coupling would be limited to cases where it 1s lmpractical to enlarge
the vertical tail. The possible effects of a ventral fin on lnertial
coupling were sgtudied by calculating the response to steady rolling of
an airplane free to pitch and yaw. This response was calculated by
applying the Laplace transformation to the equations developed by Phillilps
in reference 1 for a steadlly rolling airplane, The use of the Laplace
transformetlon to calculate the motion of a rigid body is described in
reference 6. The final expreasions for angle of attack and sideslip are
given In the appendix.

The use of two degrees of freedom, rather than four, to describe the
motion of a steadily rolling aircraft involves the deletion of the terms
containing normel force due to angle of attack and side force due to side-
slip from the final expressions for angle of attack and angle of silde-
8lip. As noted in reference 7, deletion of these terms willl change the
demping of the system, but will not change the characteristics of the
coupled motlon, _ ; L . o —

The calculstlonse were made for an alrplane having dimensions 13-1/3
times those of the model and having the assumed mass and serodynamic
characteristics listed in teble II. The airplane was assumed to be ini-
tially in steady level Tlight at an angle of attack of 5.6°, at a Mach
number of 0.8 and an altitude of 40,000 feet. The noplinear veristion
of yawlng-moment coefficient with sideslip angle was approximated with L
linear segments as illustrated in flgure 13. This required three sepa-
rate computations for each curve, the initial conditions for each of the
lest two belng those which prevailed at B8 = 1° ana g = 8° s respectively. N
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The linear segment chosen for B greater than 8° does not approximste
the experimental data for an angle of attack of 6°. (See variations A
and C in fig. 13.) The slope of the curve for these sideslip angles was
reduced to approximate the slope at an angle of attack of 0° since 1%
was found that the angle of attack was approaching 0° by the time the
motion bhad progressed t0 an angle of sideslip much greater than 8°.

The maximm excursion in angle of attack Aapsy and in sidesiip
Bmax IOT each of the calculsted time historles for 360° of roll are

shown in the lower part of figure 13. The results indicate that the
fins reduced the peak excurslon In sideslip by sbout 20 percent and
inereased the roll rate for the pesk excursion in sideslip by about 10°
per second (compare response for varistions A and C). The camputations
were not extended to a roll rate high enough to find the pesk excursion
in angle of attack, but the reductions in the angle of atback excursion
for & given roll rate were as great as 6°.

Computablions were glso made for a linear varlabtion of yawing moment
with sideslip for sideslip angles greater than 1° (variations B and D in
fig. 13) to compare wilth the other results to indicate the effect of the
decrease in directional stebility at high angles of sideslip. For the
case with the fins off (curves A and B in fig. 13) » considering a linear
variation of yewing moment with sideslip reduced the pesk excursion in
sideslip by slightly more than 2°. The effect for the case wlth the fins
on was to reduce the pesk excursion in sideslip by only 1°.

CONCLUDING REMARKS

The results of wind~tunnel tests at subsonic speeds have shown thetk,
for a trianguler-wing alrplsne model, a ventrel fin wes not sc effective
per unit of exposed sares a8 a vertical tall in producing yawing moment at
any angle of sideslip up to 18°. However, the effectiveness of the fin
wes increased considerably when the wing was removed, indicating that a
ventral fin may be more effective on configurations which have no hori-
zontal surfaces close enough to interfere with the fint's spoi action
on the flow around the fuselage. Neither the ventral fin nor 18Y of
sideslip were found to have any important effect on the static longitudinal
stebility.

Calculations were made of the response to stesdy rolling during a
360° roll of an airplane free to pitch and to yaw. These calculations,
which are for a Mach mumber of 0.80 and an altitude of L40,000 feet,
showed that a ventral fin (with an area sbout 1/L of the exposed tail
area) reduced the pesk excursion in sideslip by about 20 percent. The
calculations also showed that the large reduction in directionsl stability
which occurred at an sngle of sideslip of sbout 8° caused only small

G
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increases in the peak excursion during a 360° roll over that calculated
for a linear variation of yawing moment with sideslip angle.

Amesg Aeronauticel Laboratory
Natlonsel Advisory Committee for Aeronautics
Moffett Field, Calif., August 6, 1956
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APPENDIX

CAICUIATION OF THE MOTION OF A STEADTIY ROLLING ATRPLANE FREE TO
PITCH AND TO YAW BY MEANS (OF THE LAPTACE TRANSFORMATION
The equationa of motlon for a steadlly rolling aircraft glven by
Phillips in reference 1 have been modified to allow for the inclusion of

an initial yawing moment and pitching moment. The equations, which are
referred to a principal system of axes, are as follows:

6 - 290“ - P20 + 2§ew9po(é - po¥) + wgZpo®e - lI&_:—f =0 (1)

an & -* * N
¥ + g6 + (pg2¥ - PBIF + 2L (¥ + BoB) + wBp 2y - T:% =0 (2

The notation which is ldentical to that used in reference 1 is as
follows:

6 pitch angle, radians (equivalent to angle of attack, w, for system
with two degrees of freedom)

¥ yaw angle, radians (epproximstely equivelent to the negative of the
angle of sideslip, -B)

P roll angle, radians

Py  Steady roll rate, radians/sec

¢t pitch damping ratic, — e
6 2 J-MgTy
~N:
;* yaw demping ratio, =
Iz,

wgPo nonrolling natural pitch frequency, \g, ra.dia.ns/ sec
Y
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“yPo

)
)
()

o

nonrolling natural yaw frequency, 4#%2?’ radisns/sec

Ix - &
inertia factor, . Sl 4

intercept of curve of M vs, ¢ a8t «

intercept of curve of N vs. B at B8

pitching moment, ft-1b
yawing moment, £t-1b

pltching moment due to pitch angle, QE

36

pltching moment due to piltching velocity, %ﬂ
q

yawing moment due to yaw, %%
yewlng moment due to yawing velocity, %E
T

moment of 1nertia about the roll axis
moment of inertis about the pitch axis
moment of Inertia about the yaw axis

first derivative with respect to time
gsecond derivetive with respect to time

initial conditlioms

]
o

il
o
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Equations (1) and (2) were modified by expressing time nondimension-
a2lly in terms of the frequency of the steady rolling motion., The calcu-
lations necessary to compute the airplane motions were then performed in

the manner indicated in reference 6.

SN

It should be noted that, in the
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method used, all of the roots of the gtability quartic are assumed to be
distinet. The solution of the equations for pltch and yaw angle can be
expressed as

A1ePML 4 AjePP2 1+ AgePPs 4 A PPe oA (3)

(03]
Il

¥ Blqu7‘l + ]32eq37\2 + Bse¢7\3 + B4ecP7\4 + Bg (4)

where @ 1s the roll angle and A, are the roots of the stability
quartic AA* + BA® + CA2 + DA + E = O given in reference 1.

The constants Ay and B, are calculated as follows:

_ 2ohn* + 8:0® + 8aM® + maly + 8y (5)

An _*
SAAL% + WBAL2 + 30,2 + 2N\, + E

B, = boAn? + biAp® + BaM® + behn + by (6)
S5AAn% + UBAL® + 3CARZ + 2DN + E

The fifth root in the transformed equation is zero and hence:

As =

Bl wl®

By =
When the transient motion is stable, the terms a,/E and by /E correspond
to the steady-state condition.

The following equatlons were used to evaluate the constants required
to calculate A, and Bp:

A=1

B

]

Egewe + Eg*(ﬂ*
C = wg® + wqu + J—l—gemggm + (1 - F)

= 2wy + Ay + maagw + %zgewe
mm——

w)
|
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B = (wg® - :L)(w,l,.2 + F) + hE gugl gy

8o = 8¢
a1 = 6o + Go(2Lywy + 2Lgug)

az = Oo[Mguglyuy, + w2 + F + 2(1 - F)1 + G(28 ) + ¥o(2Lgug) +

My
IYPOZ

2, +

&

= Bo(2tgugwy® + 2Lgwp) + Bolwy® + F) - y[2(wy® + F) - htguglywyl +

w

No

; Yo
¥o(2h guy) + Q(Iz,poa + 2y YP02>

Mg 2 No )
a4 IYPoa (% ) §em9( I7po2
bo = ¥o

by = \FO(EQQ‘-‘-‘Q + 2§¢“‘¢-) + ‘-Fo

ba = ~6o(2byty) = Oo(L = F) + wol(wg? - 1) + Wgwgtywy + 2(1 - F)] +

NO
Izpo"

Vo2t gug) +

bg = 6[We2 - 1)(L - F) - Bgymtompl - éo(agw) + ¥ o(2wgPtyy + 2hyuny) +

. X Mo
2 _ 1 c . (rL-F
¥oluwg ) + 2Lgug T,p.2 ( ) Typ 2
) M
b, = 2 .1 °_ . °
27 (up® - 1) 5205 - o (Byy)
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TABLE I.- MODEL DIMENSIONS

Wing (basic plan form, leading and tralling edges extending to vertex
and to plane of symmetry)
Span, b, f-t . . . . . . e s e & o . ¢ s+ e .. -. ..” n“.- . o. . . & 2-86

Area, S, 8 Tt .+ 4 4 ¢« i 4 o 0 e 0 0 o e e e 0 e e o s . 3.72
Mean serodynamic chord, €y FE o 4 o o s o o s o s o o o o o s L.Th
Aepect rBE10 4 4 4 e 6 4 4 4 4 e e s e e e s s e e s e e e e 2.2
Leading edge sweep, deg + « « . e o s e 6 s 8 s s s s a e o 60
True taper ratio (with cropped tips) e ¢ I 0
Incldence, d€E =« o s « o« o ¢ o o o o 8 o ¢ o ¢ .0 o o« o o « = O
Dihedral, d€€ « « « « o « o o ¢ o o o s o s o s o o a s o o »

AITTOLL BECtiOn « o s o & o o v v s s o o e v 277w . ."NACA 00Ok~ 65

Vertical location (chord plane below mOMent center, ft . . . 0.05
Vertical tail (basic triangle projected tc body center line)

Span, ft -* . - L . - L . - * -* L d - L] L4 - * L] L] * * L4 . L] L * Ol91
Area, 8qg ft « & ¢« & o ¢ & « & D ¢
Exposed area above body, 8q ft e s & s e o 6 4 s s o e s o » 0.37
ABPECt TALIO « o ¢ 4 o o o o o o e o o s s o o o e o e e s o L6
Airfoil 8ectiOn « « o o o o ¢ « o o o s o « s o o » » o NACA OOOL-65
Mean serodynamic chord, €., ft .« . e a o o o o & o 8 o s 1.05
Length (moment center to 0.35 &), i‘t o e e o e o 2 2. a.a s o 0.60

Body

Length, ££ « o o o o ¢ o o s o o o s o s 0 @ o o o0 0.0 0 o 3.67

Base ared, 0 Tt o o v o o ¢ o ¢ ¢ ¢ o 5 s o o o 2 s o a s o 0,12
Moment center ?on body center line)

Horizontal location (aft of leading edge of M.ALC,) & . . . . 0.308
Ventral fin Co :

Areg, BQ f£ ¢ ¢ o o ¢ 4 o ¢ o o o s o o o o e o o e e e o s o 0.082

TABLE II.- ASSUMED MASS AND AERODYNAMIC PARAMETERS FOR

INERTIA COUPLING CALCULATIONS

Mass data
Weigh.‘t lb L] L] L L] L] * L] L . L ] L] * e . . * L] . L] - . - Ld * 23,000
Ty, slug/ft2 e e e e e e e s e e e s s e e e e e e 89,400
IZ’ Slug/ftz ® ¢ @ ¢ e ¢ e @ e € ¢ € € ¢ O ¢ © * o & s & 99,700
(Ix - IY)/IZ e e s ¢ ¢ o o @ --c- ¢ e -- e o ¢ o o o s s s . 0.76
where Iy, Ty, and Iy are moments of inertla about the
principal axes _
Aerodynemic data, moment center at 0.28 &
Cmy» PET GCE « ¢ ¢ e 0 o o ¢ o o v e o o o o 4 o 0 o & oo -0,0041
(see fig. 13)

Cn L L] L - L] - . L] L] Ll . L] L L L] L] . L . . L] L L * L]

B
Cmq ¢ e o o e o ¢ ¢ s e e o e e s e ° s 0o e o ¢ e o s s -l -8
Cnr e 6 e ® 6 e 6 e 9 & e B e * e e ¢ & ¢ ¢ * o & @ e o o -Ooll"
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Figure l.- The stability system of axes is an orthogonal system of axes

having its origin at the center of gravity, the Z axis in the plane

of symmetry and perpendicular ta the relative wind, the X axis in
the plane of symmetry and perpendiculsr to the Z axis, and the Y

axis perpendicular to the plane of symmetry.

Arrows indicate the

positive directions of forces and moments.
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Section A-A

Figure 2.- Geometry of the model.
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Figure 4.- The effects of several ventral fine on the yawing-moment coef-
ficients of the model; M = 0.46, R = 4,9 million, o = 6°, wing on.
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Figure 5.- The veriation of yawing-moment coefficient with angle of side-
g8lip; wing on.
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Figure 6.- The varistion of yewing-moment coefficlent with angle of side-
slip; wing off.
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Figure 8.- The variation of directional stability with angle of sideslip;
o = 0, wing on.
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Figure 12,- The longitudinal characteristics of the model; wing on.
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